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ABSTRACT

In order to accomplish complex and sophisticated missions, small satellites,
particularly CubeSat, need a robust and accurate attitude control system. Due to the mass-
and volume-constrained design environment of CubeSat, conventional methods are
sometimes inadequate to provide needed performance at low altitudes where
environmental disturbances are high. This thesis studies exploitation of the most
dominant disturbance torque at low altitudes (i.e., the residual aerodynamic torque) for
stabilization and attitude control. By shifting internal masses, the distance between the
center of pressure and the center of mass is adjusted so that the aerodynamic torque can
be modulated as the control torque. To establish a realistic simulation environment, all
launched CubeSat missions were analyzed in terms of their attitude control
methodologies, sizes, altitudes and mission types. In light of the mission analysis, a
prototype 3U CubeSat was designed with only commercial off-the-shelf components to
check the practicality and feasibility of the method. The Linear Quadratic Regulator
control method with gain scheduling was used to stabilize and control the attitude in a
high-fidelity simulation environment. In simulations, the method stabilized the CubeSat
and maintained the desired attitude under varying conditions such as initial angular
velocity and displacement, orbit altitude and inclination, shifting mass fraction and

CubeSat alignment and size.
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I. LITERATURE REVIEW AND THEORETICAL
FRAMEWORK

Small satellites are grouped according to size. Generally, any satellite under 500
kg is considered small. Nevertheless, the size and power limitations of a small satellite
starts with microsatellites that are between 10 and 100 kg. The nano- and picosatellites
make up the bottom level of current small-satellite technology. Nanosatellites are
between 1-10 kg and picosatellites, 0.1-1 kg. There are also femtosatellites (0.01-0.1

kg), but they are not as common as the others [1].

In 1999, Jordi Puig-Suari from California Polytechnic State University and Bob
Twiggs from Stanford University devised a standardized design called the CubeSat. The
CubeSat is a low-cost and easy-to-develop alternative to conventional satellites. It is a 10-
cm cube and has a maximum mass of 1 kg (Figure 1) [2]. Puig-Suari and Twiggs’s goal
was to enable graduate students to work on satellite projects in which the students could
actually see the launch and perform ground operations. In order to decrease the time-
length of the projects, the standardized design of a CubeSat with commercial-off-the-
shelf (COTS) components was proposed and has been accepted since then by an
increasing number of academic, commercial and military entities such as NASA,
Aerospace Corporation, and Planet Labs. The increasing number of launches and
successful mission results are the key indicators that investments in the CubeSat concept

will continue.

Figure 1.  1U CubeSat

Source [2]: J. Puig-Suari, “The CubeSat: The picosatellite standard for research and
education,” presented at AIAA SPACE 2008 Conference & Exposition,
San Diego, CA, 2008.



The 1U design of a 10-cm cube (Figure 1) was later enlarged for more capable
satellites. The 2U, 3U and 1.5U models were the first larger configurations. After that, a
6U (12 kg, 12 x 24 x 36 cm) design was developed for better performance, as it has more

space for enhancements and capable components.

Since the first CubeSat launch, the missions have evolved from technology
demonstration and education missions, to scientific, military, and commercial missions.
Even though all these mission types are still common, the potential of the CubeSat for
performing conventional satellite missions is forcing the designers to improve the
features of CubeSat. Since these mission types—such as imaging and high throughput
communication—require better pointing accuracies, the Attitude Determination and

Control System (ADCS) should provide better performance than current technology.

Due to the advancements in micro- and nanotechnologies, CubeSat subsystems
and components have improved. However, the intrinsic constraints of CubeSat—mass,
volume, and power—make it difficult to achieve missions requiring high performance.
Because of these constraints, ADCS is one of the least-developed subsystems of CubeSat.
Moreover, CubeSat is more susceptible to external disturbances than the bigger satellites
due to the lower inertia per unit area attributes. In addition, the altitude of most CubeSats
are in low/very low Earth orbit where environmental disturbances, particularly

aerodynamic torque, are the major design drivers for ADCS.

In this thesis, the exploitation of the aerodynamic torque for attitude control will
be investigated. In particular, the shifting masses concept is studied by devising a high-
fidelity dynamic and simulation environment with a linear control technique. The
exploitation of the aerodynamic torque is demonstrated in a study [3] with three shifting
masses and is supplemented with a reaction wheel or a magnetorquer in one axis if
required to stabilize a 3U CubeSat. This means that the major disturbance torque at low
Earth orbit (LEO) can be harnessed as a control torque that decreases the need for high

power and massive solutions for generating the requested torque.

The methodology to exploit the aerodynamic torque is the use of shifting masses

to change the location of the center of mass (CoM) with respect to the center of pressure

2



(CoP) [3]. With that, the direction and magnitude of the aerodynamic torque can be
controlled within the limitation of the mass and travel range of the shifting masses. The
modulation of the aerodynamic torque damps the rotational kinetic energy of the system,

causing it to stabilize about the equilibrium point.

In this thesis, the proposed attitude control methodology will be investigated in a
more advanced simulation model, which includes the gravity gradient torque besides the
aerodynamic torque and also the horizontal winds and co-rotation of the atmosphere for
better determining the aerodynamic drag force. The dynamics plant will also include
shifting masses’ dynamics in terms of relative and absolute acceleration and velocity. In
addition, the control methodology will consist of a linear control unlike the nonlinear
control in the original study [3]. The establishment of the model and the control logic are

presented in Chapter IV.

In order to simulate a more realistic environment and platform in the simulation,
both CubeSat missions and design characteristics have been studied. First, all launched
CubeSat missions have been investigated in terms of configuration, operational altitude,
attitude control methodology, and mission type and success rate. That analysis allows us
to see the trends in attitude control methodologies and prove the active control methods’
increasing numbers. In addition, the parameters that will be used in the simulation will be
more realistic from this CubeSat mission data analysis. The simulation will mimic the
current trends in terms of mission characteristics. CubeSat mission data analysis is

presented in Chapter II.

To mimic a real CubeSat platform in the simulation, a prototype design is also
made. Including the shifting masses actuators, all components of the prototype are COTS
and fit in a 3U CubeSat. The shifting masses actuator system is also demonstrated in a
1U-size CAD model that has enough space to contain all of the shifting masses. All of the
simulation inputs, such as mass and travel range of the shifting masses system, CoM
location, total mass, and inertia will be derived from the prototype design to prevent

unrealistic simulation parameters. The prototype design is presented in Chapter I11.



The evaluation of the simulation results based on the CubeSat data mission
analysis and the prototype design is presented in Chapter V. Different configurations are
investigated to distinguish the good design spots of the proposed attitude control
methodology. In addition, the number of the shifting masses is investigated for
determining optimal design choice. Further development ideas and a conclusion to the

research topic are presented in Chapter VI.

A. CUBESAT

On August 4, 1957, the satellite age started with a sphere that was 58 cm in
diameter and weighed 83 kg. That satellite, Sputnik, was launched as a LEO satellite with
92 days of mission duration. Then, on February 1, 1958, Explorer I, which was 14 kg,
was launched into an elliptical orbit at LEO with 111 days of mission duration. After
Explorer I and Sputnik were launched (in fact, the first small satellites), satellites evolved
and got bigger in every dimension. Mass, height, width, length, mission duration and
even the orbital altitudes got bigger, wider, and higher. The performance requirements
dictated bigger satellites, so bigger satellites were built as launch capabilities allowed.
Some examples of the extent to which satellite technology reached in the
Geosynchronous Equatorial Orbit (GEO) belt are large antennas and solar panels on
satellites, large telescopes as payloads on spacecraft and the football-field size of the
International Space Station. Furthermore, entrepreneurs are still pursuing bigger and

larger satellites. However, smaller satellites are gaining recognition [4].

Small satellites came to the space technology platform again in the 1990s as an
alternative to satellites with high costs and long development times. Many countries were
unable to send satellites due to the expense. With the small satellites, the opportunity of
having access to space became available to companies and developing countries.
Commercial companies like Surrey Satellite Technologies drew attention to the
practicality of the small satellites. Universities pursued the trend and established small-

satellite labs in their premises [4].

The other feature of the CubeSat program is the launching opportunities. With

standardized launchers, any qualified satellite developer can send their satellite with
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shared costs. This particular feature is the reason for the spread of the idea among
universities and corporations from all over the world. It all started with the Poly-
Picosatellite Orbital Deployer P-POD (Figure 2) designed in conjunction by California
Polytechnic State University and the Space Systems Development Laboratory at Stanford
University. The P-POD is capable of launching CubeSat from 1U up to 3U configuration
[2]. Along with the P-POD, there are other CubeSat launchers such as: the NanoRacks
CubeSat Deployer at the International Space Station [5]; the Nanosatellite Launch
Adapter System (NLAS) Dispenser [6] by NASA; the CubeSat Launcher (NPSCuL) at
the Naval Postgraduate School [7]; and ISIPOD and ISIS 6-POD by Innovative Solutions
in Space BV [8].

Figure 2. P-POD

Source [2]: J. Puig-Suari, “The CubeSat: The picosatellite standard for research and
education,” presented at AIAA SPACE 2008 Conference & Exposition, San Diego, CA,
2008.

The request for larger, standardized CubeSat from governments and commercial
markets drove the nanosatellite-size CubeSat into the design sheets. This was followed by
new launcher designs and specifications for configurations up to 27U (54 kg, 34 x 35 x
36 cm). These launchers are called Canisterized Satellite Dispensers-CSD (Figure 3) or

“Canisters” [9].
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Figure 3.  Canisterized Satellite Dispenser

Source [9]: R. Hevner, W. Holemans, J. Puig-Suari, and R. Twiggs, “An Advanced
Standard for CubeSats,” in 25th Annual AIAA/USU Conference on Small Satellites,
Logan, UT, 2011, p. 9.

Even though a less expensive and faster way to space by the standardized
CubeSat concept is highly advantageous, it comes with intrinsic limitations. In fact, in
order to benefit from the CubeSat, one needs to overcome the power, mass, and volume
limitations. These limitations affect the subsystems that can be carried along with the
limited payload capabilities. Mostly due to these reasons, the attitude determination and
control system for most of the CubeSat is noticeably less developed or even absent in
some cases. ADCS needs power, mass and size, all of which are limited, as previously
stated. Hence, attitude knowledge and pointing accuracy become the mission critical

points for the projects.

Without an accurate attitude knowledge and pointing accuracy, the performance
and outcome of most mission types are not promising. For example, in order to acquire
higher resolution images, designers have to decrease ground sample distance (GSD) as
much as possible. However, in that case pointing accuracy and pointing stability highly
affect the maintainability of the GSD and eventually the image quality [10]. Currently,
there is an increasing number of technology demonstration missions just for ADCS
components, such as micro-reaction wheels (BEESAT [11]), magnetic torquers (e-st@r

[12]), micropropulsion (POPSAT-HIP-1 [13]), or even CMGs (SwampSat [14]).



The CubeSat program promises highly profitable applications, but as long as
pointing accuracy and the controllability of the satellites remain weak, these promises
cannot be realized. Whenever a reliable and accurate 3-axis-stabilized CubeSat is
demonstrated and proven, these picosatellites can be as valuable as the larger satellites or

at least fill existing gaps [15].

The miniaturization of the proven attitude control components will enable
CubeSat with a pointing accuracy less than 1 degree, but the current typical CubeSat
pointing accuracy is approximately 2 degrees [16]. With that technological improvement,

different types of missions can be fulfilled.

B. ENVIRONMENTAL DISTURBANCES

Environmental disturbances shape the ADCS design in every aspect. Smaller
spacecraft exposed to environmental disturbances are much worse due to their low
inertial properties per unit area. As stated earlier, the physical limitations of these small

satellites make it challenging to overcome these disturbances.

There are four main environmental disturbances to consider during spacecraft
design: Gravity Gradient Effect, Aerodynamic Torque, Solar Radiation, and Earth’s
Magnetic Field [17]. These four disturbances vary mostly due to orbit altitude. At LEO
and Very Low Earth Orbit (VLEO < 450 km), the dominant disturbance is aerodynamic

torque.

1. Aerodynamic Torques

Even though the density of the atmosphere is low at LEO altitudes, there are
atmospheric particles that generate aerodynamic drag on orbiting spacecraft. The
generated drag force on different surfaces and the distance between the CoP and the

CoM, 7., create the aecrodynamic torque [17].

Aerodynamic torque is the main disturbance torque at low altitudes. Hence, to
model and estimate the torque is highly important for the spacecraft design. However,
there are difficulties due to multiple unknowns such as solar activity, which affects

atmospheric density p, high altitude winds, and co-rotation of the atmosphere, which
7



affect the relative wind velocity magnitude and direction ¥ . All these eventually change
the outcome of the aerodynamic torque equation. Equation 1.1 can be used for
preliminary designs, but for more accurate design models, a thorough analysis is

required.
el 1 _’2 —
TAero :(EPV CDA)chp (11)

Hughes [18] approach to aerodynamic torque is accepted throughout this thesis.
At LEO, molecular mean free path is much larger than spacecraft dimensions
(approximately 1 km); it means that one atmospheric particle hits the spacecraft before
interacting with other particles. This allows us to use free molecular flow model rather

than continuum flow model [18].

Free molecular flow model enables us to treat particle interactions with spacecraft
surfaces individually. In addition, we can add the effect of each surface and acquire the
total complex structure value with this assumption [18]. In order to accomplish this we

need to determine the shadowing status and momentum exchange model (Figure 4).

In this free molecular flow model, momentum exchange can be divided into two
different phases: The impact and the leaving. In the impact the molecule diffuses among
the other molecules and gives away all its energy and direction information. When the
molecule finally leaves the surface, its energy and the direction will be determined by
probabilistic kinetic energy property of the surface temperature [18]. We will assume that

the leaving energy is negligible.



Figure 4. Molecule and Surface Element Interaction

Source [18]: P. C. Hughes, Spacecraft Attitude Dynamics, Mineola, NY: Dover
Publications, 2004.

The momentum flux of the molecule can be considered as the force element with

those assumptions. This leads us to the force element equation [18]:

df = pVicosaV,dA, (1.2)

where «is the angle of attack and equals to cos"l(IfRoﬁ ) and 7, is the unit inward

normal to the surface. When Equation 1.2 is integrated for the whole body and the

shadowing considerations are implemented, we have the total force equation [18]:

f=<JE'[>H(cosoc)pVR2 cosadAV,, (1.3)

where Heaviside function is used for shadowing (when x>0, H(x)=1, otherwise

H(x)=0)[18].

By definition, it is known that the center of pressure is considered as the point that
total force acts on. Thus, the total torque will be the cross product of the aerodynamic

drag force and the center of pressure position vector relative to center of mass 7, :
9
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2. Gravity-Gradient Torque

Gravitational effect varies for different parts of spacecratft, as their distances to the
center of Earth are not the same. These force gradients create a net torque on spacecraft

that is called gravity-gradient torque [17].

Gravity-gradient torque is typically the second most dominant torque at LEO. For

preliminary designs, it can be calculated by applying worst-case conditions:

_3u

88 2R3

I —Iy|sin(26’) : (1.5)

where 1 is the gravitational constant for the body (for Earth = 3.986 x 10'* m’/s%), R is
the distance from the Earth’s center, / ,and I, are the moments of inertia about z and y

axes and @is the angle of maximum deviation from local vertical [19].

Again, this calculation is not adequate for ADCS modeling purposes. The Wie
[20] approach for the formulation of the gravity-gradient torque is followed in this thesis:

T, =3 /%5><j-51, (1.6)

where J is the inertia matrix and @ is the direction of cosines of the local vertical

relative to body triad. In matrix format, Equation 1.6 can be written as [20]:

0 _C33 C23 J11 J12 J13 C13

881

/,u
ngz =3 F C33 0 _C13 Ju Iy Iy C23 > (1.7)
_C23 C13 0 J31 J32 ']33 C33

883
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C13
where | C,; | is the third column of the direction of cosine matrix of body triad relative to
C33

orbital triad.

3. Solar Torque

Similar to aerodynamic drag, the photons coming from the sun hit the surface of
the spacecraft and create a force. Due to displacement between the center of solar

pressure and center of mass 7, , the impact force creates a torque on spacecraft. The

force depends on the surface reflectance factor q. A rough estimation for reflectance
factor is that the solar arrays are considered as absorbers (q=0) and spacecraft body as

reflectors (q=0.5-1) [19].

Even though solar radiation effect on spacecraft is small, its effect is continuous
and, in the long term, it disturbs the attitude of the spacecraft. Designers often consider

the worst case solar torque in their ADCS designs [18]:

r =L A,(1+g)cosi(|7,

Sp c

), (1.8)

where F|is the solar constant, ¢ is the speed of light, A4 is the surface, i is the solar

incidence angle.

In this thesis, the solar torque will be ignored in the environmental disturbance
calculations due to its very small effect in short term missions as it is the case for LEO or

VLEO CubeSat missions.

4. Magnetic Torque

The fourth environmental disturbance that a spacecraft faces along its mission is
Magnetic Torque. As different types of electronic devices drive and generate currents for
the spacecraft operation, those current loops and other magnetic devices, if they are
present, cause a magnetic moment m, for the spacecraft. Earth’s magnetic field B

11



interacts with the magnetic moment of the spacecraft and generate a magnetic torque on

the spacecraft [18]:

—m xB (1.9)

mag

When the net magnetic moment of the spacecraft is zero, there is no magnetic
torque on the spacecraft from the magnetic field of the Earth. At that condition, the
magnetic moment does not change due the orientation of the spacecraft [18]. This is
useful for eliminating the magnetic torque with adjustable magnets that can always
control the magnetic moment’s value. However, the calculation of the magnetic torque
with magnetic moment values other than zero needs a geomagnetic field model. With the
latitude, longitude and the distance in geomagnetic reference frame, the magnetic field
vector of the Earth can be estimated. Then, the transformation to the body triad is needed

to calculate the magnetic torque on spacecraft.
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Figure 5.  The Environmental Disturbance Torques for a Typical Spacecraft

Source [18]: P. C. Hughes, Spacecraft Attitude Dynamics, Mineola, NY: Dover
Publications, 2004.

12



As altitude changes, all of the torques change with different trends except the

solar torque which can be seen in Figure 5 (7.,T, ~R T, ~p,, ~e ") [18].

gg? " mag aero
Therefore, the dominant torques change due to the operational altitude. For more accurate
results, solar activity can be included into the design models, which is very hard to

predict.

C. EXPLOITATIONS OF ENVIRONMENTAL DISTURBANCES

The environmental disturbances that are explained earlier have to be compensated
to perform the mission within the limits. There are proven ways for controlling the
attitude such as reaction/momentum wheels, control moment gyros, magnetic torquers,
and thrusters. In addition, the use of the environmental torques in favor of the spacecraft

attitude control has been studied since the spacecraft age began.

The oldest technique is the gravity gradient stabilization. The method exploits the
relation between inertial parameters of a spacecraft and the gravity gradient torque. When
the minimum inertia axis of a spacecraft aligns with the local vertical axis, the roll and

pitch angular rates are decreased by gravity gradient torque proportional to the difference

in inertial values (/

win — L &I —1 ) [18]. Thus, gravity gradient torque tends to
stabilize the spacecraft in nadir-fixed pointing attitude within some number of degrees
depending on the altitude and the configuration. In order to improve the stabilizing effect
of the gravity gradient torque, designers added extendible booms to the spacecraft to
increase the difference between minimum inertia and the other two inertias by increasing

the maximum and the intermediate inertias.

The gravity gradient stabilization is a cheap passive control technique that has
been used by many spacecraft including the Space Shuttle and the International Space
Station. Small satellites are also adapting this method as either their primary or secondary
attitude control systems. Some examples from the CubeSat missions are UniCubeSat-GG
with extendable solar array panels by the University of Rome [21], CP10 (EXOCUBE)
with deployable booms by California Polytechnic State University [22], and DTUsat with
a deployable boom of 1.4 meters by the National Space Institute at the Technical

University of Denmark [23].
13



Another method is the use of permanent magnets to align the CubeSat with
Earth’s magnetic field which is the most common method adopted by the CubeSat
designers due to its simplicity. With the permanent magnets that can be mounted in the
desired axis, the magnetic moment of the spacecraft can be increased along that axis.
Since the magnetic torque always tries to align the magnetic moment with the magnetic

field, spacecraft has a stabilizing torque. It is the same as the needle in a compass.

On the other hand, permanent magnets cannot generate magnetic torque about the
magnetic field’s direction. In order to dampen the rotational energy, magnetic hysteresis
materials are used in the perpendicular plane. Hysteresis rods periodically magnetize and
demagnetize due to their magnetic characteristics (high magnetic permeability). This

periodic magnetization dissipates the rotational energy.

The passive magnetic control is highly depended on orbit selection. For example,
a spacecraft in LEO with zero inclination angle will have a nearly constant magnetic field
direction while a polar orbiting satellite will see the magnetic field changing direction.
The unsteady nature of the magnetic field in terms of magnitude and the direction makes
it an ineffective method for missions with precise pointing requirements. Despite the
inherent problems, many CubeSat missions use passive magnetic control method. Some
examples are ITUpSAT-1 and TurkSat-3USat with permanent magnet and hysteresis rods
by Istanbul Technical University [24], Firebird II-A and Firebird II-B (twin CubeSat) by
Montana State University and the University of New Hampshire [24], SkyCube by the
Southern Stars Group [25], and CP8 (IPEX) by California Polytechnic State University
[26].

Even though solar radiation torque is very small in comparison to other torques in
LEO, its continuous effect makes it exploitable for interplanetary missions. The method
is called “Solar Sail.” The photons hitting the large solar sail create an acceleration. With
this small acceleration, spacecraft can reach high velocities since the acceleration is
continuous. The other advantage of the solar radiation torque is that it is always present in
the solar system while aerodynamic, gravity gradient, and magnetic field torques are not

when the spacecraft is not in the vicinity of Earth. One example of the solar sail
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application is the NanoSail-D (Figure 6) by NASA, which is a technology demonstration

mission for future use of this method [27].

Figure 6. NanoSail-D On-Orbit Deployed Configuration

Source [27]: NanoSail-D. (2010). NASA. [Online]. Available: http://www.nasa.gov/sites/
default/files/4843 14main_ NASAfactsNanoSail-D.pdf Accessed 24 August 2015.

Another method of exploitation of environmental disturbances is movable
appendages such as solar panels to change the aerodynamic drag and torque. For
example, the Waseda-Sat 2 (Figure 7) by Waseda University of Japan was designed to
use the movable solar panels to change the cross-sectional area and therefore the
aerodynamic drag [28]. The goal of that configuration is to use the aerodynamic stability
of an object to stabilize about the equilibrium points. Unfortunately, the design was never
tested in space, because no communication was established with the CubeSat after the

launch.
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Figure 7. Waseda-SAT-2

Source [28]: T. Miyashita, Waseda satellite project, Waseda University Faculty of
Science and Engineering [Online]. Available: http://www.miyashita.mmech.
waseda.ac.jp/Waseda-Sat2/missionkei.html. Accessed 24 August 2015.

The last method is the changing the center of mass by shifting masses to adjust
the aerodynamic torque as a control torque for attitude stabilization which was proposed
by Chesi [3]. In his dissertation, Chesi proposed that by shifting masses in a nanosatellite,
the change in center of mass will cause the aerodynamic torque to change in both
magnitude and direction. This particular control over the aecrodynamic torque, which is
the most dominant torque in LEO, may enable the small satellites to withstand the
environmental disturbances with their limited size, mass, and power limitations [3]. In
this thesis, the shifting masses concept is studied by devising a high fidelity dynamics

and simulation environment with a linear control technique.

D. SHIFTING MASSES USE IN ADCS

Finding inexpensive and simple ways to control the attitude of a spacecraft led to
different methods such as moving or shifting masses. In the past, those methods
involving moving masses were mostly passive. One of the most common passive control
technique is the nutation dampers for spinning spacecraft. The objective of using the
nutation dampers is to dissipate the kinetic energy of the nutation of a spinning spacecraft
so that the angular velocity and the spinning axis can be parallel to each other [29]. There
are different types of nutation dampers [18] such as mass-spring dashpot type (Figure 8),

blade-mass with fluid (Figure 9), pendulum nutation dampers, ball-in-tube dampers
16



(impact dampers), and viscous-ring dampers (Figure 10). The selection of the type is
made according to attitude and mission characteristics of the specific spacecraft, but the

goal is to use the moving masses to stabilize a perturbed motion about the spinning axis.

=
i
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=

Figure 8. Mass-Spring Dashpot Type

Source [29]: H. Curtis, Orbital Mechanics for Engineering Students, Oxford: Elsevier
Butterworth-Heinemann, 2005.
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Figure 9. Blade-Mass Nutation Damper with Fluid

Source [18]: P. C. Hughes, Spacecraft Attitude Dynamics, Mineola, NY: Dover
Publications, 2004.

The other common use of moving masses in attitude control is for vehicles in re-
entry phase. Byrne [31], Petsopoulos [32], Rogers (Figure 11) [33], and Robinett [34]
studied and demonstrated the use of internal moving mass trim control system for roll
control of spinning vehicles. Guo and Zhao also proposed an LQR control method with

two moving masses for spinning spacecraft [35].
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Figure 10. ST5 Viscous Ring Damper by NASA

Source [30]: F. L. Markley and J. L. Crassidis, Fundamentals of Spacecraft Attitude
Determination and Control, New York: Springer, 2014.
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Figure 11. The Variable Stability Projectile

Source [33]: J. Rogers and M. Costello, “A variable stability projectile using an internal
moving mass,” presented at AIAA Atmospheric Flight Mechanics Conference and
Exhibit, Honolulu, HI, 2008.

A recent study about the Mars entry guidance by Atkins [36] also uses two masses
to control angle-of-attack and sideslip angles (Figure 12). One of the advantages of the
using internal mass re-entry vehicles is that the movements of the masses do not interact
with external flow, unlike flaps or ailerons. In addition, internal masses do not change the
aerodynamic properties of the vehicle’s surface, which is important for precise

trajectories [36].
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Figure 12. Proposed Method for Angle-of-Attack and
Sideslip Angle Control

Source [36]: B. M. Atkins and E. M. Queen, “Internal moving mass actuator control for
Mars entry guidance,” Journal of Spacecraft and Rockets, vol. 52, no. 5, pp. 1294-1310,
2015.

The use of moving masses for attitude control was also studied by researchers for
solar-sail spacecraft concepts. The use of a two-axis gimbaled control boom system was
proposed to compensate the solar torque disturbances resulting from the difference
between the center of mass and the center of pressure [37]. In addition, two shifting
masses for pitch and yaw as a solar sail validation mission’s primary attitude control
(Figure 13) that does not use propellant is studied [38]. A MATLAB-based control

toolbox for Solar Sail Spacecraft is also developed which includes moving mass actuators

[39].

Orbital Path

Figure 13. Solar-Sail Spacecraft with Shifting Masses

Source [38]: B. Wie and D. Murphy, “Solar-sail attitude control design for a sail flight
validation mission” Journal of Spacecraft and Rockets, vol. 44, no. 4, pp. 809-821, 2007.
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In 1962, Grubin [40] presented one of the earliest studies of the dynamics of a
spacecraft with moving masses. He derived the equations of motion by considering the
center of mass of the body without the moving masses as a reference point and gave two
simplified application examples in a 2D environment (a point moving mass in one axis
and a swiveled rocket engine on a moving vehicle) [40]. Later, Edwards [41] developed
the automatic detumbling system with one mass internally moving in one axis. Edwards
proposed that a tumbled large spacecraft could be put into a pure spin with one mass (1%
of the total mass) in two hours. In this thesis, the papers of Grubin [40] and Edwards [41]
are accepted as stepping stones for developing the dynamics model of the spacecraft with

shifting masses.

Kumar [42] also proposed an LQR control method for a picosatellite (1U CubeSat
in particular) with one moving mass. With only one mass moving in one axis and no
disturbance torques, Kumar [42] linearized the three-coupled non-linear differential

equations of motion presented in Edwards [41].

In another study, a hybrid control strategy was offered to achieve a full control
over the attitude of spacecraft by using two internal movable masses, which provide an

under-actuated control in normal operation [43].

All of above references about the moving mass control systems use the inertial
properties of the multi-body vehicles to control or stabilize without the use of
environmental disturbances. In a recent study by Chesi [3], exploitation of the
environmental disturbances was proposed by using the shifting masses. In this thesis, the
control logic is based on the exploitation of the aerodynamic torque by changing the

center of mass (Figure 14) as it was proposed in Chesi’s dissertation.
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Figure 14. Basic Principle of Harnessing the Disturbance Torque by Changing
the Center of Mass

Source [3]: S. Chesi, “Attitude control of nanosatellite using shifting masses,” PhD
Dissertation, Graduate Division of the University of California, Santa Cruz, CA, 2014.
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II. HISTORICAL SURVEY AND ANALYSIS OF LAUNCHED
CUBESAT MISSIONS

Access to space has been always expensive. Both launch and spacecraft costs are
high, because they are not reusable and are mostly custom-built. In regard to launch
vehicles, companies are trying to develop reusable parts. At this moment, ride-sharing is
one of the many ways to reduce the launch cost. On the other hand, the spacecraft have
been mostly designed and manufactured in such a way that they are only applicable to
one specific mission. Hence, the cost has remained very high. However, COTS
components became common in spacecraft designs especially for small satellites. These

components caused the drop in development and manufacturing costs.

All of the above explanations about the affordable access to space point to the
CubeSat design. With highly standardized bus designs, manufacturers and developers can
find almost every component from commercially available products. This affects not only
the cost, but development times are reduced to 1-2 years. It is one of the main reasons
why CubeSat is brought into the spacecraft technology platform. In addition,
standardized CubeSat launchers, which can be mounted on rockets as auxiliary payloads,
can deliver multiple CubeSats in one launch such as P-POD [2], NanoRacks [5], NLAS
[6], NPSCuL [7], ISIPOD [8], and CSD [9]. More ride-shared payloads lower launch

costs.

The drive for CubeSat stemmed from reduced cost and development times, but
the trend is changing as many universities and private companies are getting access to
space. Since missions became diverse in the last decade, the use and design of the
CubeSat have also been transformed. Bigger configurations were introduced to meet
more complex mission requirements. More complex subsystems were implemented to
accomplish scientific, commercial or military goals. New systems and technologies were
tested since the access to space has become cheaper. All of these also affected Attitude
Determination and Control System-ADCS. Higher-level missions required more sensitive
and accurate attitude control over the CubeSat. These missions determined the
complexity level of the ADCS components.
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In this thesis, a new attitude control method is investigated. Therefore, a survey of
CubeSat missions was conducted to see the trends of the attitude control along with the
other features of the missions such as configuration, operational altitude or mission type.
In addition, this thesis research aimed to design a prototype model and a mission for the
simulations of the proposed attitude control method. One other reason for the CubeSat
Mission Analysis is to shape the design of a prototype CubeSat and mission. The results

of the analysis will be considered in the prototype design phase.

The attitude control methodology is the focus area of this survey. The scope of the
survey also includes the launch date, CubeSat size, operational altitude, pointing accuracy
and mission type as auxiliary data. The aim is to categorize attitude control

methodologies with respect to those auxiliary data.

A. DATA COLLECTION

Michael Swartwout, Associate Professor at Saint Louis University, is maintaining
an active list about the CubeSat missions from the first to the most current [44]. His list
contains information about the CubeSat missions. The information is mostly launch- and

mission-related along with the categories of size and contractor.

In this thesis, Swartwout’s list [44] establishes a baseline. Then, each individual
CubeSat mission is studied in order to acquire additional information such as attitude
control methodologies, operational altitudes and mission types (Appendix A). The
satellite’s launch year, name, size, and mission status information are extracted from

Swartwout’s CubeSat Database [44].

During the survey phase of the study, official web pages or related academic
publications of individual CubeSat missions were searched. Moreover, various web-
based satellite databases were searched to determine the intended information, attitude

control methodology, and for cross-validation of the data [45], [46], and [47].

B. DATA ANALYSIS AND EVALUATION

In the data analysis phase of the survey, all missions are considered individually.

They are analyzed according to their launch years, sizes, mission types, and attitude
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control methodologies. In addition, cross-relations between different categories are
investigated by three-dimensional graphs. All CubeSat missions considered in this study

were launched before November 30, 2015.

Among all CubeSat missions, one particular mission affected the tables the most.
It 1s the Flock constellation by Planet Labs [48]. They constitute 32% (131 ea.) of all
launched CubeSat missions (408 ea.). They are the largest CubeSat constellation that has
ever been launched. Since they have the same design for every CubeSat they launched,

one should consider that while interpreting the graph results.

Since 2002, a total of 408 CubeSats have been launched into space. The numbers
for CubeSat missions increased a lot in the last three years. Seventy-four percent of all
missions were launched in the last three years. The year 2014 was the peak for CubeSat

missions with 119 launches (Figure 15).

Figure 15. CubeSat Missions with Launch Years

There are six different configurations for CubeSat designs that have been
launched up to date. 1U and 3U configurations are the most common types. Eighty-five

percent of all CubeSat missions have either an 1U or 3U configuration (Figure 16).
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Figure 16. CubeSat Missions with Different Configuration Sizes

On the left, the red bar shows the Flock constellation. On the right, different CubeSat
configuration examples, which reached orbit, are given. Adapted from [49], [50], [51],
[52], [48] and [53].

Even though the CubeSat design came with the original 1U design, 3U
configuration outnumbered (214 ea. to 132 ea.) the 1U configuration in the last two years.
The ratio of 3U configuration to all other configurations in the last two years was

approximately 3:1 (Figure 17).

In this survey, all missions are divided into five mission types: Technology
Demonstration, Scientific, Communication, Earth Observation, and Military. Technology
demonstration or validation missions are considered as Technology Demonstration
missions even though their missions are for Earth Observation, Communication, or
Military. Missions aiming at scientific research on Earth’s atmosphere or magnetosphere
are classified as Scientific. Earth Observation missions in this survey are only imaging
missions. Military missions are classified as Military only if the purpose of the mission is
military-related. For example, CubeSat, USS Langley, launched by the U.S. Naval
Academy is a Technology Demonstration mission as they are experimenting on hosting a

web server from space [54].
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Figure 17. CubeSat Mission Sizes with Launch Years

Following the above definitions, 77.9% of all missions were either Technology
Demonstration or Earth Observation (Figure 18). Technology Demonstration missions
(39%) are the most common CubeSat missions. These missions offer relatively cheap
solutions to validations and experimentations in space along with the educational
contributions to undergraduates and postgraduates. Earth Observation missions (38.4%)
are the second most common CubeSat missions, mostly due to the Flock Constellation
[48]. This large constellation idea with inexpensive assets is one of the main reasons for

the rising popularity of CubeSat.

The altitudes of the CubeSat missions are all in LEO limits, which is less than
1000 km. Twenty-nine percent of all missions were at 350400 km. Only 8% of all
missions were below 350 km (Figure 19). One possible explanation for that is the high
environmental disturbance torques in low altitudes, which makes it difficult to control the

CubeSat. Other reasons may be the lower coverage and shorter lifetime.

27



180 T T T T T

160

140

120

100

80

60

40

20

Tech Demo Scientific Comm Earth Observ Military

Figure 18. CubeSat Mission Types

The red bar shows the Flock constellation.
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Figure 19. CubeSat Missions with Altitude

The red bars show the Flock constellation.

In regard to attitude control components, the most common method is to use
magneto torquers. All CubeSat missions with reaction wheels (41%) also used magneto

torquers for momentum dumping. Fifty-four percent of all missions used magneto
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torquers. Besides these widespread attitude control methods, there was one CMG
application and 13 propulsion experiments. Among the passive control methods, passive
magnetic control with permanent magnets and hysteresis rods were the most common
method, which formed 13% of all CubeSat missions. As a result, 23% of all missions
chose passive or no attitude control while 58% chose the active control method (Figure

20).
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Figure 20. Attitude Control Methodologies/Components for CubeSat
Missions

From this point, the relation of attitude control methodologies with other
categories will be demonstrated. When we look at the distribution of attitude control
methodology from 2002 to 2015 (Figure 21), it can be seen that 87% of all missions with
active attitude control came in the last four years. In addition, the increasing trend in
active attitude control can be deduced from the ratios of active and passive control
methods. The ratio of passive control to active control was 3 to 2 in 2011. However, the
ratio changed rapidly after 2011: 3 to 4 in 2012, 1 to 2 in 2013, 1 to 12 in 2014, and lastly
1 to 10 in 2015.
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Figure 21.  Attitude Control Methodologies with Launch Years

The selection of attitude control methodology also shows dependence on size.
While active and passive control methods for 1U configuration were nearly equal in
numbers, the 3U configuration had mostly active control methods. Eighty percent of 3U

CubeSats used active control (Figure 22).
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Figure 22. Attitude Control Methodologies with Different
Configuration Sizes

The red bar shows the Flock constellation.
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The selection trend of the attitude control methodology and the operational

altitude are not correlated (Figure 23).
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Figure 23. Attitude Control Methodologies wrt Altitude

The red bars show the Flock constellation.

Another factor in attitude control methodology is the mission type. As mentioned
earlier, various missions require different attitude control methodologies. Some complex
missions may necessitate highly sophisticated attitude control systems while others need
simple systems. When we look at the distribution of the attitude control methodologies
with respect to different mission types (Figures 24 and 25), Communication and Earth
Observation missions provide opposite results. Eighty-nine percent of Earth Observation
missions use active control since imaging requirements demand better control over the
CubeSat. On the other hand, the ratio of passive to active control is approximately 3 to 1
in Communication missions, because those missions with omni-directional antennas do
not need strict attitude control. In addition, scientific missions selected active and passive

control methods equally depending on the different mission requirements (Figure 25).
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Finally, the mission status of all missions is presented in Figure 26. The biggest
threat to the CubeSat, as for all space missions, is launch failure (21%). Also, lack of
communication with the satellite after deployment (16%) is a risk for CubeSat missions.
This may be caused by failure of the power or communication system. However, the
failure of the ADCS may also eliminate communication. Overall, 51% of all CubeSat

missions accomplish either their primary or both primary and secondary goals.
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Figure 26. Mission Status

C. FUTURE TRENDS

In evaluating the above data, some trends can be deduced. First, attitude control of
future CubeSats will be mostly active. The statistical evidence for this trend is the size,
mission type, and year categories. There is an increase in 3U configuration numbers and
there will be bigger configurations. As stated before, bigger configurations mostly select
the active control method (Figure 22). In regard to mission types, imaging missions are
the most promising missions for the CubeSat. The ratio of active control to passive
control for Earth Observation missions is 17 to 1 (Figure 25). Lastly, every year the
active control percentages have been increasing for CubeSat missions (Figure 21), mostly
due to various complex missions demanding better control over the CubeSat. All of the
above indicate that active control method selection percentages will increase along with

bigger configurations.
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The proposed attitude control method in this thesis is also an active attitude
control method. Since choosing and designing a prototype model representing the trend is
the most appropriate platform to simulate a new attitude control method, a prototype
model is designed in the next chapter according to the CubeSat mission analysis in this

chapter.

34



III. PROTOTYPE DESIGN OF A 3U CUBESAT WITH SHIFTING
MASSES

In the scope of this thesis, the practicality of the proposed attitude control
methodology is investigated. The preliminary design of the prototype CubeSat—named
“Shift-Mass Sat”—and its mission are created. This design will provide meaningful and
realistic inputs to our model, which will be demonstrated in the next chapter. Rather than
giving generic scalar inputs such as mass of the CubeSat and the shifting masses, position
of the CoM, orbit altitude, and inclination, it is useful to derive this data from the Shift-
Mass Sat design and mission analysis efforts. CubeSat mission analysis is already
demonstrated; moreover, the effects of that study will be implemented in this chapter

while determining the mission and CubeSat attributes.

In this thesis, the mission of the CubeSat is selected later as an example mission
statement. Moreover, the spacecraft design is built upon the preselected attitude control
subsystem. In line with the CubeSat component selection trends, Shift-Mass Sat
incorporates all of its components from COTS materials. This component selection
methodology facilitates the CubeSat development time and mitigates the compatibility

issues between subsystems.

Except for the selection of attitude control actuator, all of the components were
selected from two online CubeSat component catalogs [55], [56]. There are two main
benefits of using online databases for CubeSat component selection. First, one is to
compare different types of up-to-date components easily and the second one is to use the
3D model files of the components. The 3D model files provide a more realistic
demonstration of the Shift-Mass Sat design, and also a visual test for a volume-

constrained environment such as a CubeSat’s.

In regard to design boundaries, CubeSat Design Specification (CDS) revision 13
(Appendix B) has been used for limitations and regulations [57]. According to the CDS,
CubeSat must conform to specific mechanical, electrical, operational, and testing
requirements. In Shift-Mass Sat design, mechanical and electrical requirements were

considered. Testing and operational requirements are beyond the scope of this study.
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A. MISSION

The mission characteristics shaped the model environment. Since the model is for
testing a new attitude control method, the mission of the CubeSat can be any mission that
is highly sensitive to pointing accuracy and stabilization. Accordingly, an earth
observation mission was chosen for Shift-Mass Sat. As seen in Chapter II, imaging
missions constitute 39% of all CubeSat missions (Figure 18). The details of the mission
statement are beyond the scope of this study. However, the altitude and the inclination of

the orbit will play an important role in Chapter V.

B. ORBIT

To describe a specific orbit, one needs five elements: radius, eccentricity,
inclination, argument of perigee, and right ascension of the ascending node (RAAN).
Furthermore, to specify the satellite’s position the sixth element, which is true anomaly,
is needed. In the context of this study, we will neglect the orbital perturbations and
choose a circular orbit. Therefore, eccentricity will be zero. In addition, RAAN and the

argument of perigee will not be selected nor used.

Altitude and the inclination of the orbit will be the main attention. To see the
varying effects of these elements, the mission orbit will not have specific altitude and

inclination numbers. Altitude and inclination ranges will be used in the simulation.

Altitude range is derived from Chapter II. Two highly populated altitude ranges of
350-500 and 600—700 km will be used as mission altitudes (Figure 19). In addition to
those, 200, 250 and 300 km of altitudes will be added to the simulation to see the control
authority of the proposed attitude control methodology in harsh environments (high
aerodynamic and gravity gradient torques). The overall operational evaluation of the
different altitudes will be performed in Chapter V in terms of mission lifetime, coverage,

resolution, pointing errors, settling time, and attitude control authority range.

Inclination range of the orbit is selected from the typical inclinations of the LEO.
As an imaging satellite, the sun-synchronous orbit (SSO) inclination angle will be used
according to the selected altitude. Polar and equatorial orbit inclinations (90° and 0°) will

also be used to see the extrema. In addition, International Space Station inclination
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(51.6°) and Kennedy Space Center latitude (28.5°) were selected due to their higher
launch opportunities. Inclination effect will be implemented to the simulation’s results

along with the orbit altitude (Table 1).

Table 1.  Orbit Altitude and Inclination Ranges

Mission Altitudes (km) Inclination Angles

0°-28.5°-51.6°-90°-SSO

C. CUBESAT SUBSYSTEM COMPONENTS SELECTION

The components for the design were selected from COTS options for each

subsystem. The compatibility of the selections within each other was considered.

1. Payload

The CubeSat mission was selected as an imaging mission. Therefore, the payload
is an imaging camera. NanoCam C1U from GOM Space (Figure 27) was selected due to
its compact size and mass properties and high compatibility features with CubeSat

structures. Features of the NanoCam C1U [58] are listed in Table 2.

Figure 27. NanoCam C1U

Source [58]: NanoCam CIlU datasheet. (2011). GOMSPACE. [Online].
Available:http://gomspace.com/documents/GS-DS-NANOCAM-6.2.pdf.  Accessed 12
October 2015.
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Table 2. NanoCam C1U Features

Feature Value Unit
Focal Length 35 mm
F-number 1.9-16

Spectral Transmission 400-1000 nm
Field of View 9.22 deg
Power (Idle-Image Acq.- 360-634-660 mwW
Image Process)

Mass 166 g
Price 11500 €

Adapted from [58]: NanoCam CIlU datasheet. (2011). GOMSPACE. [Online].
Available:http://gomspace.com/documents/GS-DS-NANOCAM-6.2.pdf.  Accessed 12
October 2015.

2. Power

In order to provide electrical power to the CubeSat during sunlight and eclipse

portions of the orbit, solar panels and batteries were selected along with a power control
board.

NanoPower P110 Series Solar Panels (Figure 28) from GOM Space were
selected. The main reason for the Solar Panel selection is the built-in features of the
NanoPower P110 series. Solar Panel comes with Sun Sensors, Temperature Sensors,
Magnetorquers and Gyroscopes. Six solar panels will be used in the Shift-Mass Sat with
the embedded ADCS attributes (P110UC model), and four solar panels will be used
without ADCS features (P110C Model). Features of a single solar panel [59] are listed in
Table 3. Attributes of the embedded ADCS components will be shown in the ADCS

section.
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Figure 28. NanoPower P110 Series Solar Panel

Source [59]: NanoPower P-110 series solar panels datasheet. (2013). GOMSPACE.
[Online]. Available: http://gomspace.com/documents/GS-DS-P110-1.0.pdf. Accessed 12

October 2015.

Table 3.  P110 Series Solar Panel Features
Feature Value Unit
Solar Cell Assy. GalnP/GaAs/Ge Triple Junction
Efficiency 30%

Effective Cell Area 60.36 cm?

PCB Thickness 1.6 (P110UC) mm
1.1 (P110C)

Mass 65 (P110UC) g
29 (P110C)

Voltage 4.64-4.84 \Y

Power 2270-2400 mwW

Power Consumption 0.31 (P110UC) w

due to embedded ADCS 2.5 x 10-° (P110C)

Price 2750 €

Adapted from [59]: NanoPower P-110 series solar panels datasheet. (2013).
GOMSPACE. [Online]. Available: http://gomspace.com/documents/GS-DS-P110-
1.0.pdf. Accessed 12 October 2015.

For batteries, a combined component QuadBat BP4 V2.0 was selected (Figure 29)
due to its high compatibility features with P110 series solar panels and built-in power
board option P31u. According to the CDS, total stored chemical energy must not exceed
100 W-h in CubeSat [57]. The batteries model, which was selected for this design,
conforms to that upper boundary with a 38.5 W-h maximum stored energy [60]. The

other features are listed in Table 4.
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Figure 29. QuadBat BP4 V2.0

Source [60]: NanoPower BP series datasheet. (2014). GOMSPACE. [Online].
Available:http://gomspace.com/documents/gs-ds-bp4.pdf. Accessed 12 October 2015.

Table 4.  QuadBat BP4 Features

Feature Value Unit
Batteries Config. 2 parallels+2 series
Capacity 38.2 W-h
Voltage 6-8.4 \Y
Current 5.2 A-h
Mass 240 g
Price 2450 €

Adapted from [60]: NanoPower BP series datasheet. (2014). GOMSPACE. [Online].
Available:http://gomspace.com/documents/gs-ds-bp4.pdf. Accessed 12 October 2015.

3. Communication and Command

NanoCom ANT430 omnidirectional CubeSat antenna from GOM Space (Figure
30) was selected for the communication subsystem. The antenna is compatible with
CubeSat specifications and other COTS components for communication subsystem. The

features of the antenna are listed in Table 5 [61].
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Figure 30. NanoCom ANT430 Omnidirectional Antenna

Source [61]: NanoCom ANT430 datasheet. (2014). GOMSPACE. [Online].
Available:http://gomspace.com/documents/GS-DS-NANOCOM-ANT.pdf. Accessed 12

October 2015.
Table 5. Antenna Features

Feature Value Unit
Frequency Range 400-550 MHz
Bandwidth @435 MHz 5 MHz
Input RF Power 10 \W
Mass 30 g
Price 5500 €

Adapted from [61]: NanoCom ANT430 datasheet. (2014). GOMSPACE. [Online].
Available:http://gomspace.com/documents/GS-DS-NANOCOM-ANT.pdf. Accessed 12
October 2015.

NanoCom AX100 from GOM Space (Figure 31) was selected to communicate
with a configurable VHF/UHF transceiver. This particular component was selected due to
its compatibility features, long-range half-duplex configurable transceiver, and on-orbit
frequency and filter-bandwidth configuration attributes [62]. The features of the

transceiver are listed in Table 6.
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Figure 31. NanoCom AX100 Transceiver

Source [62]: NanoCom AXI100 datasheet. (2015). GOMSPACE. [Online].
Available:http://gomspace.com/documents/gs-ds-nanocom-ax100-1.7.pdf. Accessed 12

October 2015.
Table 6. NanoCom AX100 Features
Feature Value Unit
Data Rates 0.1-115.2 kbps
Output TX Power 30 dBm
Mass 24.5 g
Price 6500 €

Adapted from [62]: NanoCom AXI100 datasheet. (2015). GOMSPACE. [Online].
Available:http://gomspace.com/documents/gs-ds-nanocom-ax100-1.7.pdf. Accessed 12
October 2015.

4. Onboard Computers

Since all of the subsystem components need an interface and a processor, highly
compatible onboard computer selection is justified. Thus, NanoMind A712D from GOM
Space (Figure 32) was selected as the flight computer for Shift-Mass Sat. This particular
model has embedded 3-axis magnetometer [63]. NanoMind A712D can process the
CubeSat health and status information, and provide control input to relevant components
with an ARM7 processor. The mass of the daughterboard is 55 g and the price of the
component is €4,750 [56]. The features of the NanoMind A712D in relation to the ADCS
will be explained in the ADCS section.
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Figure 32. NanoMind A712D Flight Computer

Source [63]: NanoMind A712D datasheet. (2015). GOMSPACE. [Online].
Available:http://gomspace.com/documents/gs-ds-nanomind-a712d-1.5.pdf. Accessed 12
October 2015.

To carry the daughterboard, the NanoDock Motherboard DMC-3 model from
GOM Space (Figure 33) was selected. This particular model can carry four
daughterboards. The mass of the motherboard is 51 g and the price is €3000 [64].

Figure 33. NanoDock Motherboard DMC-3

Source [64]: NanoDock motherboard DMC-3 datasheet. (2015). GOMSPACE. [Online].
Available: http://gomspace.com/documents/gs-ds-nanodock-motherboard-dmc-3-1.3.pdf.
Accessed 12 October 2015.

In the Shift-Mass Sat design, the example daughterboard configuration
demonstrated by GOM Space (Figure 34) is going to be used [64]. The NanoMind
A712D Flight Computer and NanoCom AX100 Transceiver will be mounted on top. At
the bottom, the OEM615 GPS receiver, from NovAtel, which costs $6495, will be
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mounted. The selected GPS receiver’s mass is 24 g and the power consumption is less

than 1 watt [65].

Figure 34. Motherboard Configuration

Source [64]: NanoDock motherboard DMC-3 datasheet. (2015). GOMSPACE. [Online].
Available: http://gomspace.com/documents/gs-ds-nanodock-motherboard-dme-3-1.3.pdf.
Accessed 12 October 2015.

5. Structure

The CubeSat configuration was selected a 3U CubeSat, which is the most
common configuration with 52% of all configuration sizes (Figure 16). For the structure
of the Shift-Mass Sat design, a 3-Unit CubeSat Structure from ISIS (Figure 35) was
selected due to its smooth compatibility features with the selected subsystem

components. The total mass of the structure is 550 g and the price is €3,650 [66].

Figure 35. 3-Unit CubeSat Structure

Source [66]: 3-Unit CubeSat structure. (2015). ISIS. [Online]. Available:
http://cubesatshop.com/
index.php?page=shop.product_details&flypage=flypage.tpl&product id=4&category id
=1&option=com_virtuemart&Itemid=66. Accessed 12 October 2015.
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6. ADCS

The main purpose for the design is to simulate a realistic prototype CubeSat
design with a novel attitude control methodology. Shifting masses will be used to exploit
aerodynamic torque by changing the moment arm between the CoM and CoP. These
linearly actuated shifting masses can be custom-built. However, COTS materials are also
used for shifting masses to demonstrate the current applicable technology to the proposed
method. Before giving the shifting masses component selection’s details, the other parts

of the ADCS will be explained.

As noted for previous subsystems, some of the ADCS components have already
been introduced. Sun Sensors, Gyroscopes and Magnetorquer will be embedded with
Solar Panels [59]. A 3-axis Magnetometer will be mounted on a NanoMind A712D flight
computer [63]. Since the proposed attitude control methodology aims for better than 1-
degree accuracy, attitude knowledge should be more accurate. Therefore, along with the

Sun Sensors, one pair of Static Earth Sensors and a Star Tracker are added to the ADCS.

The Static Earth Sensor from Maryland Aerospace (Figure 36) was selected to
increase the attitude knowledge accuracy and consistency. The sensor is capable of
providing attitude knowledge during both sunlight and eclipse portions of the orbit with
four thermopile detectors looking at Earth, dark space, and the disk of Earth, and sensing
the angle due to the horizon. Two orthogonal sensors are needed to come up with the

nadir vector information in body triad [67].

Figure 36. Maryland Aerospace Inc. Static Earth Sensor (MAI SES)

Source [67]: MAI SES product specification. (2014). Maryland Aerospace Inc. [Online].
Available:http://d6110363.0zt807.onezerotech.com/wp-content/uploads/2015/08/MAI-
SES-Specifications-20150827.pdf. Accessed 12 October 2015.
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Star Tracker from Maryland Aerospace (Figure 37) was selected for the higher

accuracy in attitude knowledge: 0.013 degrees [68]. Moreover, the sensor requires less

than 1 watt for power.

Figure 37. MAI-SS Space Sextant

Source [68]: MAI-SS space sextant. (2015). Maryland Aerospace Inc. [Online].
Available:http://cubesatshop.com/
index.php?page=shop.product_details&flypage=flypage.tpl&product id=130&category i
d=7&option=com_virtuemart&Itemid=69. Accessed 12 October 2015.

The 35000 series size 14 non-captive stepper motor from Haydon Kerk Motion
Solutions (Figure 38) was selected for actuating the shifting masses [69]. The main
parameters that affected the selection decision are the moving motor, power

consumption, mass, and useful stroke length.

Figure 38. 35000 Series Size 14 Non-Captive Stepper Motor

Source [69]: 35000 series size 14 stepper motor linear actuators. Hayden Kerk Motion
Solutions.[Online].Available:http://www.haydonkerk.com/LinearActuatorProducts/
StepperMotorLinearActuators/LinearActuatorsHybrid/Size 14LinearActuator/tabid/77/
Default.aspx#stepper_motor linear actuator noncaptive. Accessed 12 October 2015.

Some linear actuators in the market move the piston, screw, or the rail; however,

those methods come with a static motor, which is actually a mass burden to the CubeSat.
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Therefore, non-captive stepper motors provide the most weight-efficient solution to our
problem by moving the motor along the screw. In this case, the shifting mass becomes

simply the motor itself.

Moreover, COTS linear actuators are mostly designed for ground applications
with a relatively high input power opportunities and applicable massive motor selections.
Unfortunately, CubeSat is a mass, volume, and power constrained platform. In regard to
these three parameters, a 35000 series size 14 non-captive stepper motor from Haydon
Kerk Motion Solutions has viable values with relatively low power consumption and

optimum weight and volume.

Finally, the useful stroke length of the 35000 series size 14 non-captive stepper
motor is applicable to the Shift-Mass Sat model with the small stepper motor width and
length.

In addition, the control of the shifting masses’ stepper motors is governed by
onboard software. The NanoMind Flight computer will be responsible for processing the

software and generating the outputs for the motors.

Even though the roll axis actuator in the Shift-Mass Sat design is the
magnetorquer, for comparison purposes a reaction wheel is used in the simulation. This
configuration uses the Microsatellite Reaction Wheel (-0.060-) by Sinclair Interplanetary
(Figure 39). This particular model has 60 mNm-s nominal and 120 mNm-s peak angular
momentum capacity at 6500 rpm, 20 mNm peak torque capability, and 0.5 W nominal
and 23.4 W peak power consumption [70].
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e oo 8 )
Figure 39. Microsatellite Reaction Wheel

Source [70]: Sinclair Interplanetary—Reaction Wheels. (2015). Sinclair Interplanetary.
[Online]. Available: http://www.sinclairinterplanetary.com/reactionwheels. Accessed 27
November 2015.

In regard to overall operation concept of the ADCS, Star Tracker is the main
attitude-sensing element. Since it will exhibit some discontinuities during its operation
due to excessive angular rate, or sun or moon exposure, sun sensors and horizon sensors
along with the 3-axis magnetometer will provide attitude information. The gyroscope will
provide the angular rates. With the attitude knowledge acquired, shifting masses
supplemented with magnetorquers will control the attitude. Since shifting masses control
is under-actuated, the magnetorquer is essential to have a full authority over the attitude
control of Shift-Mass Sat. In this thesis, the simulation model will study the control
segment only. Attitude determination is considered as granted by fully operational

sensors. The details of the attitude determination is beyond the scope of this study.

The characteristics of all ADCS components are listed in Table 7.
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Component

Sun Sensor

Gyroscope

Magnetorquer

Magnetometer

IR Earth Sensor

Star Tracker

Shifting Mass Linear
Actuator

Reaction Wheel

Adapted from [59], [63], [67], [68], [69], and [70].

Table 7.

Feature

Current

Cosine Error

Range

Sensitivity

Voltage

Current

Area

Resistance

Dipole Momentum at 3.3V
Field Range
Measurement Time
Resolution

Coarse Field of View
Resolution for coarse FOV
Fine Field of View
Resolution for fine FOV
Voltage

Current

Mass

Price

Accuracy

Acquisition time (lost in space)
Acquisition time (tracking)
Max tracking rate

Update Rate

Voltage

Peak Current

Mass

Price

Power Consumption
Operating Voltage
Velocity

Resolution

Useful Stroke Length
Mass

Price

Momentum (nominal/peak)
Torque (peak)
Dimensions

Mass

Supply Voltage

Power (nominal/peak)
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ADCS Components Characteristics

Value
930
1.85-3.5
80
0.00458
5

44

1.55
120-150
0.034-0.043
-4-4

10

7

60

1

7

0.25

3.3

40

33
14,900
0.013
0.03
0.005

1

4

33
0.303
91
32,500
5.7

5

10-50
0.048
70

162

125
0.06/0.12
20
77x65x38
226
7.5-34
0.5/23.4

Unit

Ohm
A-m’
Gauss (G)
s

mG
deg
deg
deg
deg
\Y

mA

g

$

deg

s

s
deg/s
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D. 3D MODEL AND PLACEMENT OF THE COMPONENTS

As stated, it is crucial to test the placement of the components visually in volume-
constrained environments like CubeSat. Therefore, 3D model “step” files of each

component are used to construct Shift-Mass Sat (Figure 40).

Figure 40. 3D Model of Shift-Mass Sat

Except for the horizon sensors, star tracker, and the shifting masses, all other
components’ 3D model files are already provided by online catalogs. The remaining
components’ 3D model files were created from their technical drawings and colored
according to their published images. An overview of the components of Shift-Mass Sat is

illustrated in Figure 41, and a 3D animation is embedded in Figure 42.

QuadBat

Static Barth  1per giaoe Shifting  Motherboard Star BP4 Antenna

Sensors Masses DMC-3  Tracker

Figure 41. Overview of the Subsystems
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Figure 42. 3D Animation of Shift-Mass Sat!

Additionally, shifting masses are colored to distinguish the axes they are assigned
to: red for the x-axis, yellow for the y-axis, and blue for the z-axis (Figure 43). All these

axes are in the body triad that is aligned with the orbital triad at the desired end state.

I At the time of publication, it was necessary to download the document in order to view the 3D
animation.

To activate the 3D animation, left-click on the image. There will be a warning, “3D content has been
disabled. Enable this feature if you trust this document.” Click the “Options” then select “Trust this
document one time only.”

Now when you click on the image, the image will activate. It may take a few seconds. Once activated,
click and hold on the image to rotate, using your mouse wheel to zoom in and out.

(We inserted this 3D animation into the PDF by exporting the CAD model in mesh format and then
converting it to .u3d format using MeshLab software.) Adobe Acrobat software version 7.0 or later is
needed for full capability. Different versions of Acrobat may have different steps than outlined here.
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Figure 43. 3-axis Shifting Masses Linear Actuators

E. MASS BUDGET

One aim of the prototype design is to show the range authority of the center of
mass with the shifting masses. We need the positions and masses of the individual
components. With that information, which are given from the datasheets and the 3D
placement design, the center of mass relative position with respect to the geometric center
of the CubeSat and the inertial properties are easily calculated under the process named

as mass budget.

According to the CDS [57], the maximum allowable mass for a 3U CubeSat is 4
kg. Shift-Mass Sat has 3.1 kg with a 25% margin that conforms to design specifications.
In addition to the mass property, CDS [57] has a boundary on the distance between CoM
and the geometric center. CDS dictates that the distance shall not exceed 20 mm in x- and

y-axes and 70 mm in the z-axis (red cylinder in Figure 44).
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Figure 44. Center of Mass Location Design Specification

The red cylinder is the allowable envelope for the CoM of the CubeSat dictated by the
CubeSat Design Specifications: +2 cm in x- and y-axes, £7 ¢cm in z-axis.

According to Shift-Mass Sat mass budget calculations, CoM distance from the
geometric center is [18.41; -0.4; 0.73] in mm, which is within the specification limits

(Figure 45).

Figure 45. Center of Mass Location within the Design Specification Space

The blue sphere represents the CoP that is at the geometric center. The yellow sphere
represents the CoM that is well within the design specification space illustrated by the red
cylinder. The cube around the CoM represents the authority of the shifting masses that
changes the location of the CoM. The change envelope of the CoM’s position by shifting
masses is illustrated with a 3.64 mm cube.
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With the selected mass ratio between the shifting masses and the total mass in the
prototype design, the CoM location range is also illustrated in Figure 45. The ratio in this
case will be considered as the nominal ratio, which will be further investigated in the
Chapter V for different values. The nominal mass ratio is 5%. Based on the nominal mass
ratio, the change in CoM in every axis is = 1.82 mm. The cube, an illustration of the

range, is demonstrated in Figure 45.

In regard to the inertial properties, Shift-Mass Sat design gives more realistic
inertial values for the simulation model. Rather than assuming the 3U CubeSat as a
homogeneous rectangular prism, considering the positions of each component gives
relatively more realistic inertial values. In Shift-Mass Sat, inertial values are listed in

Table 8.

Table 8. Inertial Values

Principal Axis  Inertial Value Units
Ly 0.0059

lyy 0.0009 [kg-m?]
I, 0.0168

F. OUT-OF-SCOPE DESIGN ATTRIBUTES

This thesis mainly focuses on modeling a new attitude control method and the
evaluation of its performance and the practicality in the areas of mission and design. To
supplement the simulation model, launched CubeSat mission data analysis was
performed and a prototype design of a 3U CubeSat has been demonstrated. However, the
detail of the design is at such a level that it gives credible and practical information about
the CubeSat for the simulation model. The inertial and mechanical attributes of the
shifting masses and the CubeSat as the whole system will be implemented in the software
in order to represent the real-world application. Even though the cost was not considered
during the design and component selections, Shift-Mass Sat’s cost can be calculated with

individual component prices and a 20% margin, which results in $150,000.
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There are out-of-scope areas that have not been fully investigated by this thesis.

The most important out-of-scope design attributes are explained below.

1. Power Budget

CubeSat is a very constrained design platform especially in terms of mass,
volume, and power. As discussed, in terms of mass and volume, the Shift-Mass Sat
design is well within limitations. The power budget, on the other hand, shows some out-
of-boundary outputs due to the shifting mass actuator selection. The power generated by
solar panels, assuming that 40% of the panels are exposed to sunlight due to geometry, is
9 watts for typical and 9.6 watts for maximum. The value can be increased with the
battery usage to 20 watts for shorter-period-of-time operations that need high power such
as the movement of the shifting masses. Again, this power deficit will be present

whenever the peak use of the shifting masses is demanded.

The selection of the shifting masses was done to show that commercially
available shifting masses actuators can be fit into the CubeSat volume space and within
the mass limitations. Also, the supply voltage of the selected actuator is 5 volts, which is
achievable. However, the peak power consumption per one actuator is 5.7 watts. This
relatively high power requirement is due to the primary design of the COTS material.
These actuators are built to move some weights attached to them, not only the motor
itself. This particular stepper motor has a force capability reaching 250 N, which is way
over for our purposes. Hence, a custom built actuator can be designed for this mode of
operation with less force capability and less power consumption, eventually. This is out-
of-scope of this study, but it is predicted that the new design of the actuator may solve the

power budget issue.

In addition, more advanced solar panels can be designed such as deployable ones
in the “Space Dart” concept [71]. With that design, more power can be generated to

compensate for the power deficit.

In summary, the detailed power budget and the solutions that may be
implemented to overcome the deficit in power requirements are out of scope of this

thesis.
55



2. Attitude Determination and Sun Exclusion

In this thesis, the attitude determination components are selected in consideration
of the goal of achieving below 1 degree of control accuracy. To achieve that goal the
attitude determination concept and its components should be more accurate. That is the
reason of including star trackers (0.013° accuracy) and horizon sensors (0.25-1°
resolution) to the system along with the sun sensors (3° of cosine error), magnetometers

(7 mG resolution), and gyroscopes (0.0045°/s accuracy).

The design of the attitude determination concept is out of scope of this study. It is
assumed that the absolute accuracy of attitude and its rate is well known from the robust

attitude determination hardware and software.

In addition, the sun exclusion maneuvers for the star tracker are out of the scope
of this study. The model of the attitude control will only be emphasized on the
stabilization of the CubeSat about the nadir-fixed pointing alignment for the imaging

mission.
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IV. MODELING OF THE PROPOSED ATTITUDE CONTROL
METHOD

Up to this point, launched CubeSat missions have been investigated and a
prototype CubeSat design has been proposed with key mission attributes. All of the work
up to this chapter was done to simulate the environment and space platform in a practical
and realistic manner. The parameters that are related to the spacecraft and its orbit will be
brought from Shift-Mass Sat and mission design, which are constructed based on

CubeSat mission analysis.

An accurate and realistic simulation model is described in this chapter. A closed-
loop control methodology will be implemented to achieve modern state-space control
over the spacecraft with the proposed attitude control methodology. The model overview

is illustrated in Figure 46. Each block in the overview will be explained in this chapter.

MatLab and Simulink have been used as the software to model and run the

simulation [72]. The results of various numerical examples will be evaluated in Chapter

V.

/ THE PLANT \

ENVIRONMENT
INPUT
CONTROL DYNAMICS KINEMATICS

Figure 46. Overview Block Diagram of the Model

OUTPUT

—

A. REFERENCE TRIADS

Before the model demonstration, it is useful to explain the reference triads that are

used in this study. It is essential to be careful about the reference triads and the
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transformation from one to another, since rotational mechanics equations may change
from one reference triad to another. For example, if an angular acceleration in a rotating
triad (i.e. Orbital or Body Triad) is under study, one should add the relative acceleration

terms with respect to inertial terms. As used in the example, three reference triads have

been used in this thesis: Inertial Triad (X, py,Z,), Orbital Triad (%,,),,Z,), and the

Body Triad (X,,7,,Z,) (Figure 47).

The inertial triad is the non-accelerating triad in our model. It is needed to
perform Newtonian mechanics. The equations of rotational motion, described later in this
chapter, are based on the inertial triad. The First Point of Aries, which is the direction
from Earth, through the sun, to the constellation of Aries at the vernal equinox when the
sun crosses the ecliptic plane from south to north, determines the x-axis. The z-axis is

along with the North Pole and y-axis is determined by the righthand rule.

The orbital triad is used for application-oriented purposes. The x-axis is tangential
to the orbit in the direction of motion. The z-axis is pointing Earth in nadir direction and
the y-axis is at the direction that comes from the righthand rule. The angles around these
axes are roll, pitch and yaw angles, respectively. In addition, the axes can be named the
same. The terms are analogous to the maneuvers of an aircraft. The orbital triad rotates as
the spacecraft moves along the orbit and the axes always point to the directions defined

earlier.

Finally, body triad is a fixed triad that is attached to the spacecraft and rotates
with it. The direction of the axes are up to the designer; nonetheless, the principal axes of
the spacecraft due to its inertial properties are selected as the alignment for the body triad

to simplify the dynamics of the motion.
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Figure 47. Inertial, Orbital and Body Triads

B. THE ATTITUDE CONTROL METHODOLOGY

The proposed attitude control methodology is to exploit the aerodynamic torque
as a control torque by changing the location of the CoM with the shifting masses attached
to the spacecraft. By shifting the masses, the position vector from CoP to CoM can be

adjusted to change the magnitude and direction of the aerodynamic torque (Figure 48).

The use of shifting masses in attitude control has been previously studied by
various researchers: dynamics of systems with moving internal parts [40], internal
moving mass actuators for entry or reentry missions [32] and [36], trim control by
internal moving masses for precision guidance systems [31], [33], [34], and [35], and
attitude stabilization of satellites with shifting masses [41], [42], and [43]. This particular
methodology exploiting the acrodynamic torque was only previously introduced by Chesi

[3].

In regards to illustration of the methodology, an arbitrary example is presented
(Figure 48). As the CoM is shifted from position in Figure 48(a) to a position in Figure

48(b), the distance between CoM and the CoP, which coincides with the geometric center
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for a box-shaped body with no moving appendages, decreases. This results in a decrease
in the magnitude of the aerodynamic torque. Moreover, if CoM is shifted to the position
in Figure 48(c), the position vector from CoP to CoM changes direction. This results in a

change of aerodynamic torque direction.

Aerodynamic

The Direction
flips

Force

‘The Magnitude
| decreases

Figure 48. The Illustration of the Methodology

From left to right: Figure 48 (a), (b) and (c). The magnitude and direction of the
aerodynamic torque changes as the CoM’s position is changed with respect to the CoP.

This basic example uses only one axis shift, the yaw. Since aerodynamic force
direction is approximately aligned with the orbital motion direction, the shift of the CoM
along the yaw axis results in a change of the aerodynamic torque about the pitch axis.
Similarly, the shift in pitch axis results in change of the aerodynamic torque about the
yaw axis. Finally, the shift in roll axis creates no change in the aerodynamic torque. It

means that the control torque will only be perpendicular to the relative motion’s direction

(i.e., Z, -, plane) (Figure 49).

60



Yo
Aerodynamic

Force | Aerodynamic
o Torque Plane

Figure 49. Aerodynamic Torque Plane

Aerodynamic torque is always perpendicular to the aerodynamic force’s direction. In this
illustration, aerodynamic torque can only be at the black plane, assuming that the CoP is
at the geometric center and the aerodynamic force’s direction is along the x-axis.

Because of the limitation in the aerodynamic torque direction, the control
methodology of using only shifting masses to exploit aerodynamic torque becomes
under-actuated [3]. The system can be fully actuated if another actuator that can generate
torque about the roll axis is used. Chesi demonstrated the fully actuated control with two

different alternatives: Magnetorquer or Reaction Wheel [3].

The approach in this thesis will be to use only the magnetorquer as a supplement.
The justification is that a reaction wheel in one axis will still need momentum
management, which cannot be generated by an under-actuated shifting masses system. To
desaturate the reaction wheel in the roll axis, either another actuator must be added to the
system, or two-layer control approaches will be followed such as rotating the spacecraft
90 degrees about the yaw or pitch axis to have authority in the roll axis, then desaturate
the wheels. On the other hand, a magnetorquer in the roll axis will make the system fully

actuated without any consideration for momentum management.

61



C. KINEMATICS AND DYNAMICS OF THE PLANT

Rotational kinematics block is responsible for calculating the attitude of the
spacecraft by processing the angular velocity information, which is the output of the
dynamics block. The dynamics block uses the equations of motion to propagate the
angular velocity of the body triad relative to the inertial triad by using external torque and

inertial parameters.

1. Rotational Kinematics

In this model, three different representation of attitude have been used: the
Direction of Cosine Matrix (DCM), quaternions (q), and Euler Angles of pitch, roll and
yaw (¢,6, @) . The propagation of attitude in time is done by using Kinematic Differential
Equations. Equation 4.1 shows the relationship between quaternion and angular velocity

[20]:

4, % ~4 9 9| |@

42 :l qs q, 4 9 0, (4.1)
qs 2\l-q, @ aq, 45 W,

94 |y a4, 4 45 9i ][ 0 Jyy

Quaternions are the most practical and fastest choice for the numerical
propagation since they do not depend on trigonometric relations like Euler Angles or
DCM [20]. With the numerically solved quaternions, we parameterize the DCM in
Equation 4.2 [20]:

1-2(q; +43) 29,9, +9:9,) 2(9,95—4,9,)
DCM ,, =| 2(9,9, - 9:9,) 1-2(q; +43)  2(q:9, + 4.9,) (4.2)
2995+ 0:9.) 29,9;-4995) 1-2(a +43) |,

Since the DCM can be represented as successive three principal axis rotations, the

relationship between Euler angles and DCM can be represented as in Equation 4.3 [20].
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cosfcos cos@sin @ —siné
DCM ,, =|singsin@cosp—cos@gsing singsinfsing+cosgcose singcosd | (4.3)

cosgsinfcosp+singsing cosgsinfcosp—singcosp cosgcosd |

Roll, pitch and yaw angles of the body triad relative to the inertial triad can be
calculated from Equation 4.3, which is for the rotational sequence 321. The same
equations (4.1-4.3) can be used for the body triad relative to the orbital triad. For that
case, the angular velocity of the body triad relative to the orbital triad should be
calculated since the dynamics block is only generating the angular velocity of the body
triad relative to the inertial triad. We assume that the orbit is circular. Then, the angular

velocity of the orbital triad relative to the inertial triad becomes:

G =| — | |, (4.4)

where u is the gravitational constant of Earth and R is the radius of the orbit. Then, °@,,

is transformed into the body triad with DCMpo.

B @y = DCM .0, (4.5)

After that, the angular velocity of the body triad relative to the orbital triad can be
calculated (Equation 4.6). With the calculated angular velocity, the attitude information

of the body triad relative to the orbital triad can be obtained from Equations 4.1-4.3.

BC_[)BO = BCBBN - EC?’ON (4.6)
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2. Equations of Motion

Equations of rotational motion are derived by considering the shifting masses
movements, which results in an inertial change. Therefore, we cannot simply use Euler’s
equations of motion. Instead, we derive the equations of motions by adopting the method
presented by Grubin [40] that starts from generalized angular momentum equation, also

introduced by Grubin [40]:

T=H+Sxa, 4.7

where S is the first moment of mass of the system and « is the inertial acceleration of the

reference point. In this study, the center of mass of the system without the shifting masses
is considered as a reference point. The system without the shifting masses will be called

the original system after this point. The illustration of the system geometry is shown in

Figure 50.
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Figure 50. System Geometry

Equation 4.7 then is decomposed and each term is evaluated for both the shifting

masses and original system.

H=H,+YH,. (4.8)



where His the angular momentum of the original system and len is the sum of the

angular momentum of each shifting mass. Time derivative of Equation 4.8 is

H=H,+) H, (4.9)

The angular momentum of the original system and the time derivative of it can be

written as
H,=1w,, (4.10)

Ij0=10@0+@0><1:]0, (4.11)

where [, and @, are the inertia matrix and the angular velocity of the original system,

respectively. The angular momentum of the individual shifting masses and the time

derivative of it can be written as

E[n :In@n +mnl_/';1x;:n’ (412)

Ijnzln@n—i_@nxgn—l—mnaxa’ (413)

where/,, ,, m, and 7, are the inertia matrix, inertial angular velocity, mass and the

position of the particular shifting mass. Both linear and angular relative velocity and
acceleration equations are used to derive inertial velocity and acceleration of shifting

masses in Equations 4.14-4.17:

=7 o, %7, (4.14)
’.7;1:@ox(@ox’_’;)"‘@oxa+2C£’ox’_;;1'+7.7;7" (4.15)
0, =0+, (4.16)
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&, =0+, (4.17)

=S 3 ! . . . . .
where 7,7 and@, are the relative linear velocity, acceleration and relative angular

velocity of shifting masses with respect to the reference point. The second term of

Equation 4.7 can be written as

S =>m}F, (4.18)

i=r=r—r, (4.19)

where ;70 is the inertial linear acceleration of the original system, 176 is the inertial linear
acceleration of the whole system’s CoM and ﬁ' is the relative linear acceleration of the

whole system’s CoM. By definition, 7 and 7' are written as

(4.20)

where F and M are the external force acting on the system and the system’s mass without

the shifting masses, respectively. After merging Equations 4.8-4.20 into Equation 4.7, we

have the general equation of motion:

L@, + @y x 1,0, "‘Z(In@n)‘*'Z(ajﬂ X(In@n +mr x?n))+2(mn*n x;7n)+
F

o (E ) T
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The assumption of non-rotational point masses for the shifting mass model
simplifies Equation 4.21 to Equation 4.22 that is the equation of rotational motion for this

model.

1,0, + @, x 1,0, +Z(mn’7n Xa)+m(zm"7’)x(zmna)=

3. Rotational Dynamics

Edwards [41] linearizes Equation 4.22 for only single point mass by using the
reduced mass parameters. However, the reduced mass parameters are not viable for

linearizing Equation 4.22 when there are multiple masses, which is the case for our study.

The solution of Equation 4.22 for @, is not available analytically since 7,

depends on @,. Thus, an algebraic loop for Equation 4.22 is used to calculate angular

velocity iteratively. The time-step of the iterations is adjusted to minimize the relative
and absolute errors. The algebraic loop calculates the angular velocity of the body triad

relative to inertial triad, which is the input of the kinematics block, as mentioned earlier.

The algebraic loop plant is validated by comparing the results with another
dynamics plant that is formed based on the linearized equations of motion presented in
Edwards [41]. To validate the algebraic loop, only one shifting mass is moved randomly
for comparison of the effects on attitude of the spacecraft. The inertia and mass properties
along with the external torque and force values are generated randomly for each
validation effort. The results are compared for each axis after more than one hundred
simulation runs and the difference between both plants stay under 10 rad/s, which is an

acceptable error for rotational attitude studies (Figure 51).
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Figure 51. Difference in Angular Velocity

The difference in angular velocity is between the simulation model results based on
Edwards’s linearized equations of motion [41] and the proposed algebraic loop that
solves the nonlinear equation of rotational motion (Equation 4.22).

D. MODELING OF THE DISTURBANCE TORQUES
1. Gravity Gradient Torque

The gravity gradient torque is calculated by using Equation 1.7. As shifting
masses move in their assigned axis, the moments of inertia change along with the
products of inertia. After each step, the inertia is updated by using the parallel axis

theorem.

0 ~t,. T 0 1. T
IUpd‘ =1+ z m,| r, 0 =, r, 0 =, (4.23)
T 0 L T 0 .

The summation operator calculates the contribution of the shifting masses to the
inertia. The updated inertia is then fed into the gravity gradient calculations to mimic the

varying inertial responses of the spacecraft.
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2. Aerodynamic Torque

The aerodynamic torque is the most dominant torque in our simulation
environment. In addition, the attitude control methodology exploits the aerodynamic
torque. Thus, modeling the aerodynamic torque is essential to this study. We start by
using Equation 1.3 and integrate it over the CubeSat surface. We take benefit from the
geometry of the CubeSat and write the result of the integral with summation operators

[73].

6

Z.aem =P, R IZR XZ( (IZR 'ﬁ.i)AiH(IZR éz)) (4.24)
i=1

For every surface, the Heaviside function determines the shadowing status. The

drag coefficient equals to 2 for this particular calculation. For the first order approach,
atmospheric density is considered constant. Moreover, the orbital velocity is used for the
relative velocity of the spacecraft with respect to the atmospheric particles since
atmospheric particles are assumed stationary. This means that co-rotation of the
atmosphere and high altitude winds are neglected. Equation 4.24 is used as the
controller’s aerodynamic torque estimator without the high fidelity information about the
aerodynamic and atmospheric properties. This approach allowed us to simulate the real-
world uncertainties and errors, and demonstrate the robustness of the closed-loop control

algorithm.

3. Implementation of the Uncertainties in Atmospheric Attributes

The uncertainties in atmospheric attributes are added to the model in order to test
the capability of the control block in terms of disturbance compensation. Since the
proposed attitude control methodology seeks to exploit the aerodynamic torque, the aim
is to augment a realistic representation of the varying attributes of the atmosphere.
Mathematical representation of the 2001 U.S. Naval Research Laboratory Mass
Spectrometer and Incoherent Scatter Radar Exosphere (NRLMSISE-00 Empirical Model
of the atmosphere) [74], U.S. Naval Research Laboratory Horizontal Wind Model 2007
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(HWMO7) [75], and co-rotation of the atmosphere are used. The co-rotation of the

atmosphere is calculated by using Equation 4.25:

[I_/:Co—Rot = QEarth X ZC»S/C]ECEF 4 (425)

where V., ., is the velocity of the atmospheric particles due to the co-rotation with

respect to the orbital position of the spacecraft xg,. and Q, , is the angular velocity of

the Earth, which is 7.292x107 rad/s in magnitude. Every term in Equation 4.25 is in an
Earth-Centered, Earth-Fixed (ECEF) coordinate system.

With the augmentations, relative velocity will no longer be the orbital velocity of

the spacecraft. The co-rotation of the atmosphere and the horizontal winds change the

~

direction of the relative velocity V, in Equation 4.24, which alters both the shadowing
status of each surface and the projected surface area exposed to the flow. Besides, the
magnitude of the relative velocity V, is subjected to change because of the co-rotation

and horizontal wind. The varying relative velocity along with non-constant atmospheric

density affects the magnitude of the aerodynamic torque.

Solar and geomagnetic activity levels are included in NRLMSISE-00 and
HWMO7. However, different values for activity levels will not be investigated. Moderate
level of solar index (Fio7 = 140) and geomagnetic activity (daily planetary geomagnetic

index, a, = 15 nT) are used throughout the study.

Diurnal and seasonal variations are included in the models, so the initial date and
hour, argument of latitude and longitude matter. However, these values will not be
investigated and are started from 00:00 UTC January 1, 2015 at 0° of argument of latitude
and longitude. On the contrary the altitude and inclination of the orbit that change the

model outputs will be investigated in Chapter V.

E. THE ATTITUDE CONTROL DESIGN

In this section, the mathematical and physical explanation of the control method

will be realized. Chesi [3] uses a non-linear adaptive feedback controller to achieve 3-
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axis stabilization and analyzes the stability of the closed-loop system according to the
Lyapunov Stability Theory. Instead of the nonlinear, a linear closed-loop control
approach is adopted in this thesis; a Linear Quadratic Regulator (LQR) control law is
used to achieve 3-axis stabilization. In the literature, Kumar [42] also uses LQR control
method, but for one movable mass only, with no consideration of the environmental
disturbance exploitation. The reason for choosing a linear control method is to
demonstrate the capability of controlling non-linear system with a linear control design.
With that demonstration, various sets of tools in the literature for linear control systems

can be used which are not available for non-linear control methods.

1. Linearization of the Equations of Motion

Since the dynamics of the system is non-linear, the first step in designing the
controller is to linearize the equations of motion. Linearized equations of motion then

will be used in the control law. Equation 4.22 is an equation with nonlinearities. We

started from the terms pertaining to shifting masses. Terms Z(mnfn ><i7n) and

1
M+Zmn

acceleration of the shifting masses experiences a Coriolis Effect due to the angular

(Zmnﬂ)x(ZmnFn) are not zero since 7 and 7 are not aligned. The

velocity of the spacecraft. However, the perpendicular component of the absolute
acceleration with respect to the movement of shifting masses can be negligible if the
masses’ accelerations are very slow relative to the angular velocity. If we neglect the
Coriolis Effect in absolute acceleration, both terms become zero. Then, Equation 4.22

becomes

i F -
Io@o+@o><fo%=f+mx(zmm) (4.26)

If we combine all of the righthand terms and call it 7,, as disturbance torque,

Equation 4.26 becomes simply
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Ly, + @y x 1w, =1, (4.27)

Then, we extract the gravity gradient torque from 7}, and write Equation 4.27 with

respect to the principal axes of the original system:

: 3
J o+ (]~ Jo.0, =5 (] T Jere, +T,
i 3u
J, o, +(J, ~J)o.o0. :F(Jx ~J)ee, +T,, (4.28)

J.o, +(Jy —Jx)a)ya)x = 2—?(]}, -J ), +T,

J. 0 0 , ¢ 0 T
where [;=1 0 J 0 |,@ =0, | , ¢ |=DCMy|0\T,,=|T,
0 0 J, @, |, 16 1 T |,

After having Equation 4.28, Wie’s method [20] to linearize the equations of
motion with using small angles approach is adopted. When we assume that the angles in
all axes are small enough to use small angle approach (a<5 degrees) to the system,
DCMpp and eventually direction of cosines of the local vertical relative to body triad

becomes

1 a  -a, G —-a,
DCMy, =|-a, 1 a, |=>|q =] a, |, (4.29)
a, -a 1 [ 1

wherear,, «, and ¢, are roll, pitch and yaw angles of body triad relative to orbital triad.

If the initial alignments of body and orbital triads are aligned (o, =a,=a. =0and

w, =—jm,,), after a small perturbation @, becomes
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a,— a)orb az

X

a)x
o=lo |=| a-w,h |, 4.30
0 y y orb

4

az + a)orb ax

z

whereo, 0, ,0,,0 ,0, and @, are very small with respect to @,,. When we insert

Equations 4.29 and 4.30 into Equation 4.28 and neglect the products of small values, we

produce the linearized equations of motion.

S+ (=S 4, =T o, +4(J, - T )e,a, =T,

Jd, +3(J, - J)o’a, =T, (4.31)
S, + (=S, + T+ el +(J, - o), =T,

In Equation 4.31, the shifting masses effects are embedded in the components of
the aerodynamic torque. It will be discussed in the steering logic design. Before relating

the control torque with shifting masses, an LQR control law will be designed. Since

T.,T,and T, are the aerodynamic torque components and the proposed attitude control

methodology is to exploit them, T can be called as the control torque 7. .

> aero

2. LQR Control Law Design

Equation 4.31 represents a linear time-invariant dynamic system, so we can use a

state-space control approach. The dynamics of the system then can be described as

(f) = Ax(t)+ Bu(t), (4.32)
[, ] [a, ]
a,V C%y 7;
a a
where x=| “ |- > x=| " |...... &...... u=T,
a’C ax
a," ay
_dz . _&Z .
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State-space representation of angular angles and their rates can be used to
generate a feedback to the system via the control input. This method is called a state

feedback closed loop control [20]. A block diagram of the system is shown in Figure 52.

u(t) =—K - x(¢) (4.33)
) | N NN ¥
Ref + B + s [t Curen tState
T ) ==
Point Control Input Gain Matrix Integrator

A |1

State-Space Gain Matrix

Gain Matrix

Figure 52.  State Feedback Control Block Diagram

Then, Equations 4.31 and 4.32 are used to define matrices A and B.

o0 0 0 1 0 0 ]
0 0 0 0 1 0
0 0 0 0 1
4J.-J)a,, J—-J +J)o
( y) orb 0 0 0 ( x y ) orb
A= J, (4.34)
_ 2
0 M 0 0 0 0
J,
J -1, (J-J-J)o
0 ( x ,v) orb ( y z x) orb 0 0
_ J, J] |
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0 0
B= (4.35)
0 1 0
JJ’
0 0 L
L JZ -
Then, Equation 4.33 is inserted into Equation 4.32.
x(t) = x(t)(A - BK) (4.36)

After the Laplace transform, Equation 4.36 becomes the characteristic equation.

sI—A+BK =0 (4.37)

There is no unique solution for matrix K in Equation 4.37. Design of a state
feedback control requires finding the gain matrix K to stabilize the system about the
equilibrium point. In order to find the optimal gain matrix K, a Linear Quadratic
Regulator approach will be implemented. The aim of the LQR method is to find a K that

minimizes the performance index.

J=[(x"-Q-x+u"R-u)dt (4.38)

S ey 8

where Q and R are positive-definite Hermitian or real symmetric matrices [76]. In
Equation 4.38, Q and R matrices act as weight matrices. Q is responsible for weighing the
cost of state error and R is responsible for weighing the cost of the control effort. A

heuristic method is adopted in this thesis to choose the appropriate Q and R matrices.
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O =diag| - [ 05[22}
X,
. ’ (4.39)

2
R =diag| --- (ﬂ_zj
u

where x, _ is the maximum allowable state and u, _ is the maximum achievable torque

1max 1max

(saturation limit). «, and S, will be chosen to determine the weight matrices. Let us

insert Equation 4.33 into Equation 4.38.

J=TxT(Q+KT~R-K)xdt (4.40)

Then, we introduce a new positive-definite matrix P as in Ogata [76].
xT(Q+KT-R-K)x:—i(xT-P-x) (4.41)
dx

By solving P in the reduced-matrix Riccati equation (Equation 4.42) and by using
the quadratic optimal equation for K (Equation 4.43), the gain matrix for calculating the

optimal control input is acquired [76].

A" -P+P-A-P-B-R"-B"-P+0=0 (4.42)
K=R"'B".P (4.43)

MatLab Control Toolbox is used to calculate the gain matrix K by using the
command line “K=Igr4,B,Q,R).” If eigenvalues of the (A-BK) have negative real parts,
which means that the system is stable, an optimal feedback control gain matrix K can be

found [76].
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As stated in the linearization process, the dynamics of the shifting masses in terms
of acceleration and velocity are neglected in the control block. This is true when we
assume that the motion of the shifting masses is slow. However, the motion of the
shifting masses is highly related to the gain parameter. If the designer chooses an
aggressive set of weight matrices (Q>>R), the control effort increases, meaning that
shifting masses move with high velocity and acceleration. This particular setting makes
the assumption in the linearization invalid and the shifting masses will induce a torque on
the CubeSat that is not intended in the control block. Eventually, the stabilization process

will be degraded.

To avoid high velocity and acceleration effects of the shifting masses, the control
effort is minimized within the state error limitations (Q<<R). With these settings, masses
will move slowly and the dynamics effects will be negligible. The downside of this
setting is the slow stabilization times and relaxed steady-state error after stabilization. To
eliminate the relaxed steady-state error, a gain-scheduling concept is adopted. Two
different gain values are used, aggressive and less aggressive. To choose which value is
operative at the current state, a decision circle in the phase plane is used (Figure 53). The
aggressive gain is used inside the circle and less aggressive gain is used outside the circle.
This two-level gain scheduling concept limits the shifting masses in slow motion while
meeting the pointing accuracy goal of the system (< 1°). More levels could be designed

but in the scope of this study only the two-level gain scheduling concept is used.

Decision Circle

Q<<R

Angle Rate
Limit

Q=R /
ol \ .

a/dt [radss]

Angle
Limit

0
@ [rad]

Figure 53. Decision Circle for Gain Scheduling in Phase Plane
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3. Steering Logic Design

The LQR Control design provides a control input, which is the righthand side of
Equation 4.31. As mentioned earlier, the torque components in Equation 4.31 are
aerodynamic torque’s components. However, we need a steering logic that gives desired
positions of the shifting masses that will cause the requested torque. Therefore, by
feeding the non-linear dynamics plant with positions of the shifting masses, the system
will experience an aerodynamic torque that stabilizes the spacecraft. Let us examine the

aerodynamic torque components closely.

T. =T  +T (4.44)

—aero ero, —aerog,

where T, is the aerodynamic torque acts on the original system and 7, is the

~aero, erogy,

aerodynamic torque change due to the shifting masses effect. 7.

—aero,

\ is due to the difference

between the CoP and the CoM of the original system which both are assumed constant.

Hence, T, does not change with varying positions of shifting masses. The effects of the

shifting masses on aerodynamic torque can be seen in Equation 4.26 such that:

N ;
T.aem I.aeroo - ZjaeroSM - M + Z m, x (Z m,r, ) (445)

By definition, 7,,, can only be in a plane perpendicular to the aerodynamic

> aerog

force, which is £, in this model. However, con